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SUMMARY 

To investigate  in  more  detail  the  effect of leading-edge  radius on 
the  high-speed  aerodynamic  characteristics  of a symmetrical,  %percent- 
thick  airfoil, t e s t s  were  made of $he NACA 0009-64, 0009-54, and 
0009-44 airfoils.  These  airfoils have leading-edge  radii  of 0.893, 
0.620, and 0.397 percent  of  the  chord,  respectively. The tests  were 
conducted  in  the  Langley  rectangular  high-speed  tunnel  at  Mach n&em 
f'rom approximately 0.30 to the  choking  value (M = 0.89 at a = Oo) 
for  angles of attack f'rom 0' to 8'. The  Reynolds  nmiber  range 
corresponding  to  the  Mach  nunher range of this  investigation was 
f r o m  0.7 X 10 to 1.5 x IO . 6 6 '  

This investigation  showed  that  for  Mach  nmibers  up to 0.825 the 
leading-edge  radius of these  airfoils  does  not  greatly  influence  either 
the  section  normal-force, drag, and  pitching-moment  coefficients  or  the 
Mach rimer of  normal-force  break. At a Mach n W e r  of 0.850 the drag 
of the. NACA 0009-54 alrfoil appeaed to be 12 to 25 percent  lower  than 
that of the  other a i r f o i l s  for normal-force  coefficients  in  the 
range 0 to 0.3. 

An eqrly  investigation  (reference 1) showed  the  effect  of  large 
changes  of  leading-edge  radius on the  high-speed  aerodynamic  charac- 
teristics of 9-percent-thick  airfoils.  (The  changes  in the leading- 

the  airfoil  ordinates f r o m  the leading  edge  back  to  the  position of 
* edge  radius  were  accompanied by. corresponding systematic  chenges in 
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maximum thickness  (reference l).) From these tests it was concluded 
that the optimum value of  leading-edge  radius was between 0.220 
and 0.893 percent  of the chord. 

The purpose of the present  investfgation was t o  determine the 
effects  of changes of leading-edge  radius  within this range on the 
high-speed aerodynamic characterist ics of symmetrical  9-percent-thick 
a i r f o i l s  having their  m a x i m u m  thickness  located at the 40-percent- 
chord station. To obtain this  information, the NACA 0009-64, 0009-34, 
and 0009-44 a i r f o i l s  were 'tested in the Langley rectangular high-speed 
tunnel. Normal-force, drag, and pftching-moment coefficients were 
determined from static-pressure measurements along  the  airfoil   surfaces 
and total-pressure measurements i n   t he  model w a k e s .  Pressure measure- 
ments were made at Mach numbers from approximately 0.30 t o  the choking 
value (M = 0.89 at a = Oo) for  the tunnel,  for angles of attack 
from Oo t o  8O. Schlieren photographs were also  taken. 

The resu l t s  of  a concurrent  investigation of leading-edge-radius 
effects  (reference 2) are summarized and compared with the  present 
results  in  the  discussion. 

C d  

%4 

Cn 

M 

%r 

P 

P1 

9 

P 

'cr 

U 

section drag coefficient 

section pitching-moment coefficient of n o m  force about 
quarter-chord  location 

section normal-force coefficient 

stream Mach nuniber 

c r i t i c a l  Mach number 

streem static  pressure 

local  static  preseure 

stream dynamic presaure 

pressure  coefficient (PL; '> 
angle of at,tack 



NACA RM LgLOg 

APPARATUS, MID=, AND TESTS 

3 

The 4-inch-chord a i r f o i l s  were t es ted   in   the  Langley rectangular 
high-speed tunnel  (reference 3), which has a 4" by  18-hch  tes t  
section. The madels spanned the  4-inch dimension of the test   sect ion.  

The airfoi ls   invest igated are designated  according t o  the system 
used i n  reference 1 as: 

NACA 0009-54 

The leading-edge-radius  index i s  given  by  the  f i rs t   d igi t  m e r  
the dash. The corresponding radii i n  percent  of  chord for   the 
9-percent-thick models are as follows: 

Index Leading-edge radius 
(percent chord) 

6 0 893 

5 .620 

4 397 

The o ther   d ig i t s   in  order indicate the camber, zero; posit ion of 
maximum cmiber, zero;  thickness, 9 percent; and location of rmxham 
t h i c h e s s ,  40 percent of the chord. 

Changing the  leading-edge  radius  resulted  in  systematic changes 
in   t he   a i r fo i l   p ro f i l e s  t o  the  bpercent-chord  station.  Figure 1 
shows the  ordinates t o  an enlarged  scale and figure 2 shows the ordinates 
and orifice  locations  to  actual  scale.  The ordinates a r e  t abula ted   in  
table I. 

The tes ts   consis ted of making static-pressure measurements along 
the   a i r fo i l   sur faces  and total-pressure measurements i n  the m a .  
These measurements were made at Mach numbers from approxhately 0.30 
t o  the choking value f o r  the  tunnel (M = 0.89 * at a = Oo) , f o r  angles 
of attack from Oo to 8'. Reynolds  nudoers, corresponding to these 
speeds, varied from approximately 0.7 x 10 6 t o  1.5 x lo6. To supple- 
ment the  tes ts ,   schl ieren photographs were taken at Mach nmbers 
comparable t o  those  obtained in the  pressure-distribution  tests,  f o r  
angles pf a t tack from 0' t o  60. 

. .  . .. 
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CORRECTIONS AND PRECISION 

The data, except  for the pressure  coefficients, have been corrected 
for  constriction  effects.  These corrections, which  were  computed by the 
method  of reference 4, were applied t o   t h e  normal-force coefficients, 
drag  coefficients, pitching-moment coefficients, and Mach number. 
Although the Mach nuribere of the pressure  distributfons  presented have 
been corrected,  the  pressure  coefficients themselves have not  been 
corrected,  primarily  because  they are presented fo r  i l l u s t r a t ive  and 
compai-ative purposes only. 

Since there i s  no method of correcting  for  the flow distortions at 
and near  choking,  the data from 0.03 below choking to   t he  choking Mach 
number are e i ther  sham as dashed l i nes  on the  figures,  or  not shown 
at all. 

The accuracy  of  the i n i t i a l  alinement  of  the model with  the air 
stream i s  of  the  order of 0.2O at the 00 angle-of-attack  setting. All 
incremental  angle-of-attack settings measured from the i n i t i a l  zero 
set t ing were accurate t o  k0.05' of the angles indicated. The test 
points at 2' angle of a t tack   in  figure 3(a)  indicate  the  precision of 
the data. 

RESULTS 

The variation of the section normal-force coefficients with Mach 
number for  each  of the three   a i r fo i l s  i s  given in   f igure 3. Figure 4 
presents a direct  comparison between the normal-force  coefficients 
obtained'at  constant angles of attack from 0' t o  8O over  the Mach n&er 
range for  the  airfoils.   Figure 5 shows the  variation of  normal-force 
coefficient  with  angle of attack and the variation of moment coefficient 
w i t h  normal-force coefficient  for each a i r f o i l   a t  several Mach nunibere. 
Figure 6 presents a comparison of the normal-force  curves  for the three 
a i r f o i l s  at high Mach nuibers. The d r a g  coeff ic ients   for  Oo, 2O, bo, 
and 6O angles  of  attack  (fig. 7) were obtained from wake-survey 
measurements. At 8' the drag  coefficients were determined from the 
airfoil   pressure  distributions.  To take into account the viscous drag 
effects   for   the 8' condition, 0.006 has been added t o  the pressure-drag- 
coefficient measurements. The drag polm~ for   the   a i r fo i l s   ( f ig .  8) 
are cross  plots of figures 3 and 7. Figure 9 i s  a direct  comparison of 
the drag polars  for  the three a i r f o i l s  at high Mach numbers. The 
variatfon  of moment coefficient with Mach  number i s  presented  in 
figure 10.  Figures 11 and 12 show the pressure  distributions  for 
these  sections. To i l lus t ra te   the  flow, several  schlieren photographs 
are also given (fig.  13) .  Figure 14 present8 a comparison of the  results 
w i t h  data  obtained in  other  tunnels. 

k .- .. . .- , 
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DISCUSSION 
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Normal-force coefficients.- The  Mach n M e r  f o r  normal-force 
break i s  deffned as the Mach  nuniber at which the ra te  of change of 
normal force with Mach  number i s  zero o r  slightly  negative f o r  constant 
angle of attack.  Figures 3 and 4, especially 4, indicate  that  changing 
the leading-edge radius from 0.397 t o  0.893 percent  chord on the 
9-percent-thick  airfoils  investigated produced only small dlfferences 
in   the  Mach rider fo r  normal-force  break for  all the  afrfoi le   invest i -  
gated. For example, at 2O angle of attack  (fig.  4 ) ,  although changes 
fn leading-edge  radius had an appreciable  effect on t h e   c r i t i c a l  Mach 
nuiber,  the  effect on the  Mach nunher of normal-force  break was 

. negligibly small. 

In general,  the  normal-force-curve  slopes f o r  .dl the airfoils at 
constant  normal-force coefficients below 0.30 increase  with Mach  number 
up t o  near 0.825, with the W A  0009-64 a i r f o i l  having the  highest 
slope and the NACA OOOg-bh a i r f o i l  having the lowest slope at this 
Mach  number (figs.  5 and 6) . A t  a Mach number of 0.85, the leading- 
edge radius of  0.620 percent  chord of the NACA 0009-54 ai r foi l  produced 
a higher  normal-force-curve slope f o r  normal-force coefficients from 0 
to 0.3 than  .did  the  larger. o r  smaller  leading-edge r a a u s  of the other 
two a i r f o i l s .  

Drag coefficients.- A s  with  the normal-force characterist ics,   the 
drag character is t ics  do not differ great ly  f o r  the   th ree   a i r fo i l s  up 
t o  a Mach  number of 0.825 (f igs .  7 and 8) . A t  a Mach n u b e r  of 0.850 
a comparison of the dra,g polars f o r  the airfoils ( f ig .  9 )  indicates 
that the NA,CA 0009-54 a i r f o i l  has drag coefficients  12  to 25 percent 
lower than f o r  the  other two a i r f o i l s  at normal-force coefficients 
from 0 t o  0.3. A part  of this apparent improvement in the drag  charac- 
t e r i s t i c s  shown for  the NACA 0009-54 airfoil  i s   a t t r i bu ted   t o   t he  
higher  lift-curve slope fo r   t he   a i r fo i l  at this Mach  number ( f ig .  6).  

Moment coefficients about the quarter chord.- The change i n  moment 
coefficient  with Mach  mmiber for  constant normal-force coefficients rrp 
t o  0.30 (fig. 5)  is smallest .for  the NACA 0009-44 a i r fo i l ,  while the 
moment coeff ic ient   for   the NACA 0009-64 a i r f o i l  showed the widest 
variation  with Mach  nuniber of the three a i r f o i l s  tested. For 8 constant 
angle of attack of  2O,,figure 10 shared  the NACA 0009-44 a i r f o i l  t o  have 
the  smallest and the NACA 0009-64 a i r fo i l   the   l a rges t   var ia t ion  of moment 
coefficient  with Mach rider. The wider variation i n  moment coefficient 
wlth  increases in Mach  number from 0.80 to 0.85 for   the  NACA 0009-64 air- 
f o i l  was caused by a larger  reduction i n  load  over  the  forward  portion, 
and a more rearward movement of  the loading on t h i s   a i r f o i l  than f o r  the 
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other   a i r foi ls   for  normal-force coefficients up t o  0.3 ( f ig .   12(b)) .  
A t  normal-force coefficients  greater  than 0.30 the  variation of moment 
coefficient  with Mach  number for  constant normal-force coefficients 
did not  differ  greatly  for  the  three  airfoils  (f ig.  5 ) .  

Pressure-distribution diagrams. - Experimental pressure  distribu- 
tions  obtained at low Mach  nlzmbers on the   a i r fo i l s  at 0' angle of 
attack were extrapolated  to  zero Mach  n-er using  the  Prandtl-Glauert 
relation. (The experimental  preeeure  distributions at 0' used in   the  
extrapolation  are  the average  values for  the upper and lower surfaces. ) 
The theoretical  pressure  diatributions were obtained by the methods of 
references 5 and 6 as outlined in reference 7. A comparison of the 
extrapolated  pressure  distributions a t  zero Mach  number with  the 
theoretical   dietributions  for incompressible flow shows excellent 
agreement ( f ig .  11). Figure 11 shows the  effect   of changing the 
leading-edge  radfus on the  pressure  distributions  for  these  airfoils 
a t  low speeds. T h e  effec3 is. particularly marked over  the  forward 
half  of the   a i r fo i l  and shows  up i n  the-ii&&rum  induced velocity 
atta-ined- and in  the  accelerations  near the leading edge. -duction 

I . i n   t h e   l e a d i n g - e d n e d I u s   d e c r e F d  "the accelerations. over  the  leading 
'.-'- edge tbnd dgcreased  the m a x i m u m  induced velocity  that  occurred o n i  

m i l .  This i s  i l lus t ra ted  by a comparison of the  pressure  distribu- 
t i o n s f o r   t h e  PIACA 0009-64 and NACA 0009-44 a i r fo i l s .  

" " 

". 

From considerations  of  velocity  correction  factors, such as the 
Prandtl-Glauert  relation,  these  differences might be expected t o  
increase  with  increasing Mach  number; consequently, t h e i r  high-speed 
section  characteristics at low angles of attack might be  expected t o  
differ  appreciably. The t e s t  reeults, however,  have shown that  the 
differences i n  forces and moments are small st Mach numbers lees  
than 0.80. The reason  that  the measured differences  in aerodynamic 
characterist ics were small i s  shown by the experimental  pressure distri- 
butions  (fig. 12 ) .  For a = Oo and M = 0.30 (fig.  12(a))  the  pressure 
distributions  differ as predicted by theory. With increasing Mach 
nmiber, instead of  obtaining  the  differences between the  pressure 
distributions  predicted by the  correction  theory,  the  pressures at 
the  40-percent-chord  station  decreased more rapidly  than  those  close 
to   t he  nose, eo tha t  at Mach numbers between 0.80 and 0.84 the minimum 
pressure  for  each  airfoil  at 0' angle of attack  occurs  near  the 
40-percent-chord station. 

For all angles  of  attack  the  pressure  distributions shown i n  
figure 12 indicate that the small differences  in  the low-speed pressure 
distributions were ( in  general.) diminished, rather  than magnified, as 
the Mach  n-er was increased up t o  a Mach nunher of 0.80. Therefore 
the aerodynamic characterist ics of these a i r f o f l s  were not  greatly 
influenced by the changes i n  leading-edge  radius  investigated  over 
t h i s  Mach  number range. 



NACA RM L9U9 - 7 

Schlieren phot'ographs. - The schlieren photographs ( f ig .  13) indicate 
the  general  similarity of the  supercr i t ical  flow characterist ics about 
the  three  a i r foi ls .  The f l o w  having  exceeded the  local   veloci ty  of 
sound exhibits shock waves, indicated by the light ver t i ca l  lines in 
the  pictures. The weak disturbances  (fig. 1-3 (a) ) a t   s u b c r i t i c a l  speede 
(M = 0.76) should  not be  confused  with t rue shock k v e s .  They are we& 
flow  disturbances which have been previously observed a t  subcr i t ica l  
Mach numbers (reference 8) and are picked up  by the  highly  sensitive 
schlieren system  used in  this  investigation.  Separation  effect8 and 
f l o w  turbulence are indicated by the  dark  horizontal  lines and eddies 
appearhg in  schlieren photographs. In f igure  l3(a)   for   the NACA 0009-9 
a i r f o i l   t h e   l i g h t  beam appears t o  be  slightly  misalined and shows reflec- 
tions  over  the rear upper surface  resembling  a  thick boundary layer. The 
reflections should be discomted in comparing the three a i r f o i l s  In 
figure 13( a) . 

Compaxison of the results with  data  obtained in  other  tunnels.- 
The results of a concurrent  investigation of the  effects of leading-edge 
radius have recently been published In reference 2. O f  the   a i r fo i l s  
reported,  the NACA 0010-1.10 4O/l.575, 0010-0.70 40/1.575, and the 
0010-0.27 bO/l.575 a i r f o i l s  correspond t o  the NACA 0010-64, 0010-%, 
and 0010-34 airfoils  (using  the customary NACA airfoil   designations of 
references 1 and 7). These a i r f o i l s  can be compared w i t h  the similar 
9-percent-thick a i r f o i l s  in the  present  paper. The remaining a i r f o i l s  
of reference 2 are   not   di rect ly  comparable t o  those  reported  herein 
because of differences in t h e i r  design  parameters a f fec t ing   the   a i r fo i l  
surface  cmvature and consequently $he pressure  distributions. (Compare 
with  reference 1. ) 

- 

The data f o r  the NACA 0010-64  and OOlO-$ a i r f o i l s  in reference 2 
are  in agreement with data of the  corresponding  9-percent-thick  airfoils 
of the  present  paper in indicating no appreclable  effect of leading-edge 
radius on the normal-force-curve slope at Mach numbere below 0.775. I n  
t h i s  lower Mach nmber  range,  references 1 and 2 both showed t ha t  the 
NACA 0010-34 a i r f o i l  had the  highest normal-force-curve slope.  (See 
f ig .   Ik(b) . )  A t  the  higher Mach nmibers, the   resu l t s  of the  present 
investigation  as well aa references 1 and 2 show t ha t  a large  decrease 
in leading-edge radius produces an appreciable  decrease in the normal- 
force-curve  slope. The effects  of a small reduction in leading-edge 
radius from the normal leading-edge radius (NACA 0009-64 a i r fo i l )   a re  
shown by the   resu l t s  of the  present  investigation and reference 2. The 
two investigations  are Fn Large disagreement in  that   the  present  investi-  
gation shows a s m a l l  favorable  increase, whereas reference 2 shows a 
very  large  unfavorable  decrease in normal-force-curve  elope  with a small 
decrease in leading-edge  radiue. A large change fn normal-force-curve 
slope  with small change i n  leading-edge radius would not have been 
expected,  although no reason can  be  found for   the  divers i ty  of effects  
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shown  by the two investigations. The accuracy  of  the  profiles in the 
present  investigation is verffied by the close agreement of the  experi- 
mental and theoretical  pressure  distributions in figure ll. 

The drag data of the comparable a i r fo i l s  of the  present  report and 
references 1 and 2 were in  agreement in  indicating tha t  the minimum 
s e c t i m  drag coefficient w-as not  significantly  influenced by leading- 
edge-radius  variations  for Mach numbers up t o  0.75. A t  Mach numbers 
near 0.85 and normal-force coefficients of 0 and 0.2, it is significant 
that  large  reductions in the  leading-edge  radius produced an increase 
in the  section  drag  coefficients  for  the  airfoils  reported in  references 1 
and 2 and the  preaent  paper. The a i r fo i l s  having the  smallest  leading- 
edge radii produced the  highest drag i n  each cme. Again there is die- 
agreement in the  data of the  present  paper and reference 2 as  to  the 
effect  of small reductions in  the leading-edge radius on the  section 
drag coeff ic ients   a t  Mach numbers  above 0.825; the  present  investigation 
shows a favorable  reduction in  drag coefficient, whereas reference 2 
shows  an increase in  drag  coefficient u i th  a small decrease in leading- 
edge radius from the normal value. 

The general  trend of the pitching-moment data of reference 2, shown 

as 5 against M in figure 14( a), is in  large  disagreement  with  the 

data of the  present paper and with comparable data from other  tunnels. 
(See references 1, 9, and 10, and f ig .  14( a) . ) The aerodynamic center 
was, in general,  located  rearward of the  quarter-chord  location  for the 
a i r fo i l e  of reference 2 a t  all Mach nurribere.  The data of the  present 
paper, in  general agreement with available  data from several  other 
tunnels  (references 1, 9, and lo), indicated that the aerodynamic center 
W&B located ahead of the  quarter-chord  location at low Mach numbers and 
moved far ther  forward as the Mach  number w u  increased t o  values 
approaching the normal-force  break. A t  higher Mach nrmibers, there was, 
i n  general, a large rearward s h i f t  in the aerodynamic center. 

dc, 

CONCWSIONS 

' Teats t o  determine the effect  of Changes in leading-edge radius 
on the high-speed aerodynamic characterist ics of a 9-percent-thick 
symmetrical a i r f o i l  were made in the Langley rectangular high-speed 
tunnel   a t  Mach numbers from 0.3 to 0.89, and at corresponding Reynolds 
numbers from 0.7 x 10 t o  1.5 X lo6. The resul ts  show that within the 6 
range of this  investigation changes in  the  leading-edge r ad i i  of these 
a i r fo i l s  from 0.893 t o  0.397 percent chord do not  greatly  influence 
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either  the  section  normal-force, drag, and pitching-moment  coefficients 
or  the  Mach  number of normal-force  break  for  Mach  numbers  up to 0.825. 
At a Mach  number of 0.85 the  drag of the  NACA 0009-9  airfoil,  having 
a leading-edge  radius of 0.620 percent  chord,  appeared t o  be 12 
to 25 percent lower than that of  the  other  airfoila  for  normal-force 
coefficients  in  the  range 0 to 0.3. 

Langley  Aeronautical  Laboratory 
National Advisory Committee for Aeronautics 

Langley Air  Force  Base, Va. 
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TABLE I.- ORDINATES OF AIKFOILS 

@tat ions  and ordinates i n  percent of VLng chord 

NACA 0009-64 

Station 

0 
1.25 
2.50 
5.00 
7.50 
10 00 
15.00 
20.00 
30 .OO 
40 .oo 
50.00 60.00 
70.00 
80.00 
y3 .oo 
95 -00 

L o o .  00 

Upper or lower 
surface ordinate 

ISACA 0009-54 

station 

0 
1.25 
2.50 
5.00 
7-30 

10.00 
15.00 
M.00 
30 .@I 40.00 
50.00 
60.00 
70 .m 
80.00 
g0.00 
95 a 00 
.oo . 00 

Upper or  lower 
surface ordinatc 

0 
1.188 
1.646 
2.256 
2.692 
3 035 
3 9 553 
3 - 923 
4.364 
4. WO 
4.370 
3.987 
3 358 
2.493 
1.401 

a 7 7 2  
0 9  

L. E. raalue: 0.620 
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Figure 1.- Ccnnparison of airfoil profiles. 
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Figure 3.-Effect of compressibility on nomnB1"fwce  characteristic^ of 
NACA OOOg-64, OOOw4, and OOOg-44 airfoile. 
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Figure 3.- Continued. 
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(a) NACA 000%4. 

F igure 5.- Normal-force and moment  characteristics at constant Ma 
numbers for NllcA 000%4, OWg-54, and 0009-44 airfoils. 
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Figure 5.- Continued. 
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Figure 10.- Continued. 
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(a) Moment-cume slopes against Mach number. 
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(b) Normal-force-curve slopes against Mach number. 
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Figure 14.- Comparison of the results with data obtained in other tunnels. - 



.05 

.04 

.a 

I 
'd 

.02 

.01 

n " 
.75 -80 .85 .75 .8 0 .85 

Mach number, M Mach number, M 

E 
( c )  Drag coefficients against Mach number. 

0 

4 0 
* * 

m 

5 z! 
k G Figure 14.- Concluded, 

E 
v) 

. .  . .. . . . . .  . .  . . . . . .  


